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Abstract -paper discusses the stabilization system analysis and orbital performance of the GEOS-A gravity-gradient satellite which was launched into orbit on 6 November 1965. The analysis is performed with the aid of a rather general digital simulation of the non-linear differential equations of motion.
It includes the effects of gravity-gradient forces, orbital eccentricity, eddy current dampers, residual magnetic dipoles, solar radiation pressure, and thermal distortion of the spacecraft's stabilization boom.
The attitude measuring system aboard the spacecraft is described, and processing of the attitude data is discussed. 
GEOS-A was conceived as part of the National Geodetic Satellite
Program to study geometric and gravimetric geodesy. Geometric geodesy utilizes the principles of triangulation to map the surface of the earth.
The study of the gravitational field of the earth is the objective of gravimetric geodesy. Five geodetic measurement systems are employed to provide simultaneous evaluation of their performance and to ensure highly accurate measurements.
The five geodetic systems are: 1. A radio Doppler system consisting of three coherent frequencies for Doppler-shift determination of the precise orbit.
2. A radio ranging system which receives and retransmits ground based radio signals sent in sequence from four stations.
The range is measured by observing the total phase shift of an accurately known modulation frequency.
3.
A range and range rate system which is used to determine the changing range and radial velocity of the satellite by measuring the phase difference and doppler shift of a signal transmitted from a ground station and retransmitted by the satellite. 4. Corner cube quartz laser reflectors to determine the position of the satellite by measuring the time increment required for the laser beam to travel from the station to the satellite and back to the station.
5. An optical beacon system to be photographed against a background of stars to'provide angle measurements. The boom motor is controlled by ground command and backed up by an automatic stop switch activated by detents on the boom tape. This system provides bi-stable equilibrium about any axis normal to the local vertical.
GEOS-
As desired for thermal uniformity there is no preferred orientation about the longitudinal axis.
A preliminary analysis indicated that this system, which would weigh approximately 11 lbs, would meet two stabilization requirements: 1) operational status within 15 days after launch, and 2) a maximum steady-state libration amplitude of 5 degrees.
An important consideration in the selection of this system was that it had been successfully demonstrated in orbit. The emphasis on this factor was consistent with the mission, in that GEOS-A is basically a geodetic satellite not a gravity-gradient experiment.
The launch vehicle procured was the new improved Delta in which the last stage is spin stabilized. When separation occurs, the spacecraft rotates at a rate of approximately 150 rpm. A yo-yo despin device reduces this rate to about 1 to 3 rpm. As a despin backup, three orthogonal ferromagnetic rods encased in aluminum jackets are provided: These act as-an eddy current despin device at high spin rates.
Proper stabilization of the satellite can be insured if the extension of the boom is initiated when the boom axis is pointing upwards and within 2 55 degrees of the local vertical.
However, there was no assurance that this orientation would be obtained during a pass over the command station at the Applied Physics Laboratory.
Another factor was that hazardous temperatures could be reached by the spacecraft which was thermally designed to operate as a gravity-gradient satellite. Both of these considerations indicated that boom extension might need to be initiated when the boom axis is in a non-preferred direction possibly resulting in upside-down capture.
Inversion of 'the spacecraft could then be accomplished by a properly timed sequence of boom retraction and extension.
The eddy current damper designed and built by the General Electric
Company consists of a magnet assembly which is free to lock onto the magnetic field of the earth. Rotation of the magnet assembly relative to a conducting spherical shell induces eddy currents in the conductor which impedes the motion of the spacecraft.
To prevent physical contact between the magnet and the conducting sphere a diamagnetic shell of pyrolytic graphite is used as a centering device.
Attitude Simulation The analtiical theory upon which passive gravitygradient stabilization-is-based is well known. The analyses, however, tend to be complicated by the non-linearity and coupling of the equations of motion and are intractable without simplifying assumptions about the perturbing forces. 'Ihe three non-linear differential equations for the attitude motion of a spacecraft in orbit about a gravitating mass ere 8 developed in terms of Lagrangian mechanics . The center of mass of the satellite is constrained to an orbit of modest eccentricity having a longitude of the ascending node and an argument of perigee which are linear functions of time. These secular variations result from the even zonal harmonics of the gravitational field, principally the J2 term. The coupling between orbital and body motions of the spacecraft is neglected.
The attitude is expressed in terms of a general set of Euler angles because equations of motion in terms of any one set of these variables always have a singularity.
This generality allows the use of a dual set of angles to specify the attitude without restrictions.
A rather general digital computer program titled Digital Attitude Simulator (DAS) has been developed which is applicable to a wide class of satellite configurations.
It includes the effects of gravity-gradient torques, residual dipoles, solar radiation pressure, thermal distortion of gravitygradient booms and passive dampers of the eddy current and hysteretic types. A high order expansion of the rotating geomagnetic field in terms of spherical harmonics is included. The integration of the non-linear second-order differential equations of motion over the time domain is accomplished by a fourth-order Runge Kutta integration.
The eddy current damper is simulated on the assumption that its magnet assembly is locked to the geomagnetic field. This is valid for the rather slow rates of motion of the spacecraft relative to the magnetic field and the large magnetic moments of the magnet assembly which are used. The magnitude of the damping torque is proportionalto the angular velocity of the conducting shell relative to the magnet assembly. A linear theory in Appendix A gives an approximation to the amplitude and frequency of the perturbation.
The magnetic torques arise from the interaction of the damper and residual dipole with the geomagnetic field.
The coefficients used in the spherical harmonic expansion of the field constitute the Jensen-Cain model which has an rms accuracy of 9 percent for order 2 (8-terms) and 1 percent for order 4 (24-terms)g.
Studies of the transient
and steady-state performance of the spacecraft were made for the nominal orbit which had a perigee of 600 nm and an apogee of 800 nm. The eccentric orbit, which is undesirable for accurate stabilization, is necessary for accurate gravimetric geodesy for which the perigee need be well defined.
The nominal orbit parameters and mass properties of the spacecraft are given in Table I Concurrent with the fabrication of the satellite, a detailed simulation study of the steady-state performance was initiated.
For GEGS-A the steadystate librations result principally from the orbit eccentricity, magnetic damper, residual magnetic dipole, radiation pressure and thermal distortion of the gravity-gradient boom. It was recognized that the magnet assembly of the damper, which was not caged during launch could induce a residual magnetic moment in the batteries which are adjacent to it.
Experiments confirmed this and provided bounds for the magnitude of the residual magnetic moment of the spacecraftlO.
This also meant that the magnetically anchored damper would be ineffective during the despin phase since its magnetic assembly would lock to the batteries. This problem could be circumvented by extending t'ne boom a small distance.
Once the characteristics of the damper had been finalized, by the General Electric Company, to a weight of 7 lbs, a damping coefficient of 70,000 dyne-cm-set and a pole strength of 25,000 pole-cm, the remaining free variable in the steady-state analysis was the boom length. An increase in boom length, which increases the inertia of the system, tends to minimize the effects of the residual dipole and eddy current damper but increases the effects of radiation pressure and thermal bending. Therefore some optimum boom length exists which would minimize the total steady-state amplitude. Preliminary results indicab ed that a boom length of 50 ft would meet the 5 degree requirement.
Ihe boom tape was cut at 56 feet to provide a margin of 6 feet for sny contingency, and a detent made in the tape at the 5C ft length to provide automatic motor shut off. Since the maximum amplitude appeared not to be very sensitive to small errors in boom length, it was decided that the proper length could be obtained by timing the boom extension and counting the number of turns of a gear in the motor drive.
Estimates of the coast tims for the inversion maneuver indicated that the total time required to retract the boom, coast, and extend the boom precluded the operation during a pass over a single station.
However, the maneuver could be performed over an arc of the orbit covered by two ground stations whose coverage only slightly overIaped.
Ths This operation was completely successful. By observing the decay rate over several passes a time constant of 100 minutes was determined. By lgo0 UT on the same day the spin rate was observed to be essentially zero. After despin,the spacecraft was observed, through telemetered magnetometer data,to maintain a near fixed orientation with respect to the geaanagnetic field.
The residualmagnetic dipole induced by the damper resulted in the spacecraft being near magnetically stabilized. Reduction of the magnetometer data, by Mobley, 4 resulted in the direction cosines of the residual magnetic moment vector in the spacecraft's frame of referencell.
As described above, the plan to stabilize the spacecraft was to extend the boom to 40 feet when either the boom axis achieved an orientation which would ensure proper capture or the battery temperatures approached dangerous levels.
On the 805 UT pass on day 312 over the Applied Physics Iaboratay the battery temperatures were observed to be below the lower flight acceptance limit so the boom was extended. The motor was started at 819 VI! and stopped at 827 UT for an elapsed time of 460 seconds. This time interval corresponded to the required time for the boom to extend to about 40 feet when tested on the ground. The boom length was also inferred from telemetered data indicating the number of revolutions of a gear in the motor drive. This method indicated that the boom length was 36.8 fl ft. On subsequent passes, the temperature increased to nominal values and magnetanster data confirmed that gravity-gradient capture was achieved. Unfortunately the spacecraft was inverted. Since the solar detectors had earth shades, these earth shades now became sun shades and prevented the solar detectors from being fully illuminated. Consequently, no definitive experimental attitude data could be obtained.
At this time a simulation study of the inversion maneuver was undertaken utilizing the best estimate of the actual boom length and tracked orbit. The purpose of the study was to determine the coast time interval which would maximize the probability of success of the maneuver. Station alerts based on the tracked orbit indicated the times favorable for the two-station maneuver. A decision was made to attempt it at 1642 Ul? on day 317. The 5 day interval from time of gravity-gradient capture allowed most of the transient motion to be damped out. The sequence of events in the maneuver was: to retract the beam to its 15 ft detent, and after the coast phase, to reextend the boom. It was decided to reextend the boom to the 50 ft detent in case a second inversion maneuver would be required.
The optimum boom length could also be obtained more accurately at scme future time by retraction from the 50 ft detent rather than measure the length by timing and counting gear revolutions during the inversion maneuver.
Different quadratic boom extension and retraction rates obtained from ground experiments with the GECG-A boQn were used in the simulation. The major uncertainty besides initial boom length was in the pitch librational motion at the beginning of the beam retraction phase. Since the major pitch disturbing torque arises from the orbit eccentricity, a good appr oximation to the pitch motion could be obtained frm the linear theory given in Appendix A. The results of the simulation study are given in Fig. 6 . The nominal initial conditions referred to are those ccaaputed from Eq. (A.8) at the mean anomaly corresponding to 1642 Ul' on day 317. Small errors in the initial pitch rate have a much greater effect on the optimum coast time than small errors in pitch orientation.
To study this phsncmena, runs were made in which pitch rates corresponding to pitch librations of *3 and *5 degrees were added to the ncminal initjal conditions.
A coast time of about 19.25 minutes was selected as that which would give the highest probability of success.
The inversion maneuver was initiated at the NASA STADAN station in Alaska and completed over the AH, station.
The boom retraction and extension phases took 295 and 481 seconds respectively which compare to the ground test values of 282 and 485 seconds which were used in the simulation.
The diffeence in boom retraction time indicated that the beam length could have been at the upper limit of the estimated length.
Although lack of exparimental attitude data, larger than nominal eccentricity, and uncertainty in boom length combined to minimize the probability of success of the inversion maneuver, surveillance of the attitude determination system during subsequent passes confirmed right side up capture.
A simulation study was then made to determine tbz performance of the spacecraft with the 50 ft bocan in its actual orbit and to determine the boom length which would best meet the steady-state libration requirements.
A run depicting the transient motion of the spacecraft is given in Fig. 7 . The steady-state response of the spacecraft, as mentioned earlier, is a function of the angle between the line of nodes and the earth-sun line and the position of perigee. The node has a precessional rate of about 2.24 degrees psr day. Every 111 days the sun will have completed one revolution with respect to the orbit and there will have been four periods of increased roll libration amplitude.
However, because of the increased altitude of apogee the effect of the thermal bending in roll is smaller than observed for the nominal orbit.
An extrapolation indicated that the worse case occurs near day 280 in 1966 when perigee is in shade. At this time the simulation indicated that the deviation from local vertical is less thm 5 degrees about 65 percent of the time and reached a peak of 7.5 degrees. The solar effect is minimized when the sun is in the orbit plane; at this time the peak libration angle is about 5.5 degrees. During the time of maximum solar effect, a boom length of 40 feet would result in deviations from the local vertical being under 5 degrees about 80 percent of the time and a peak amplitude of 6 degrees. Further reduction of the boom length would have little effect on the deviation from local vertical since the pitch libration dominates for the 40 ft length case.
Post-Iaunch
Attitude Detection System Performance While performance of the magnetweter system was satisfactory, the performance of the solar detection system was disappointing.
Soon after launch data indicated that both the +X and -X linear detectors were not functioning. In addition, all pairs of calibration detectors exhibited a onestep response in place of the expected two-step response curve illustrated in Fig. 3 . The output of the X cosine detector also exhibited an abnormal response as a function of solar angle of incidence and the opening of a ground connection in this module on day 359 precluded the possibility of obtaining meaningful attitude data after this date.
The abnormal response of the X cosine detector is illustrated in Figs. 9 and 10. In Fig. 9 a plot of the !IM output illustrates that for some passes the response was a discontinuous function of time. Abnormal response of this detector was also observed whenever the transition of illumination from the +X to the -X cosine detector occurred. This phenomenon, illustrated in Fig. 10 for a pass on day 32.9 when the sun is nearly in the plane of the orbit, produced abnormal attitude results. As illustrated by Figs. 10 and ll, the response of the Y and 2 solar cosine detectors and allmagnetcmeters indicated a continuous,motion of the satellite.
The rate of change of the output of the +X and -X cosine detectors in the vicinity of the transition region compares favorably to the orbital rate of the satellite.
A lag in the response in the -X cosine detector induced an apparent phase shift in the experimentally determined attitude of the satellite as illustrated in Fig. 12 . For the portion of this pass over APL and the beginning of the pass over Santiago, where the +X cosine detect+ or is lit, good agreement is obtained between the experimental results and the digital simulation and linear eccentricity theory. For the remainder of the mss over Santiago the -X cosine detectoris lit and the phase shift induced by this detector causes the difference between the experimental results and the simulation results to increase to approximately 7 to 8 degrees in both pitchand roll and to nearly 5 degrees in deviation from the local vertical.
Abnormally high rates of motion are also associated with the changes in angles within this region. Statistical comparison of both partions of the pass with the digital simulation is given in TableII.Further indication of abnormal -X cosine detector performance was obtained from the magnitude of the post-launch calibration constants.
Calibration was effected from data taken in the vicinity of day 340 from four stations: Santiago, Johannesburg, Canberra, and AFL. A comparison of the prelaunch with the post-launch calibration constants is given in TablelILA large decrease in magnitude of the calibration constants was observed for all cosine detectors with the exception of the -X detector. A decrease in the solar calibration constants has been observed in all satellites built by AFL. In GWS-A the -X detector calibration constant actually increased. All of the above factors support the conclusion that the -X cosine detector was not functioning properly and that the attitude data based upon this detector should be disregarded.
Comparison of Theoretical and Experimental Attitude
Iota The agreement between the SAD experimental attitude and theoretical attitude of the spacecraft indicated by the simulation can be studied by examining Fig. 12 , the combined AFL-Santiago pass on day 329. As discussed above, good agreement is obtained only over the portion of the pss during which the +X solar detector is lit. The SAD experimental data, which utilizes the malfunctioning -X solar detector, gives a physically absurd motion.
An indication of the agreement between the experimental and theoretical attitude can.also be inferred from a comparison of the experimental and theoretical solar and geomagnetic data, see Figs. 10 and ll. Small differences in the data over all of the double pass is observed indicating good three axis attitude afleenmnt. This also confirms yaw capture of the spacecraft by the geomagnetic field.
Since the Z detector data is sufficient to define the orientation of the Z axis of the satellite, the very good agreement between the Z experi--mental data and the simulation results should be noted.
At each data point the 2 nkgnetcnnater and solar data independently define two cones of position for the Z axis of the satellite.
The intersection of these two cones yields, in general, two possible orientations of the satellites' Z axis.
One solution must be discarded by its indication of an abnormally large deviation from the local vertical.
The results of this simplified technique are presented and compared to the simulation results in Fig. 13 In this appendix the damping and perturbing effects of the eddy current damper are examined. A" analysis applicable to polar and near-polar satellites yields the damping rate and disturbing effect in terms of the damping coefficient and the inertia of the spacecraft.
Extension of the gravity-gradient boom usually occurs only after the spacecraft has despun to "ear orbital rates. The large inertia change which accompanies boom extension reduces this rate of rotation in inertial space to "ear zero about all axes except the longitudinal axis.
Since the satellite in its stabilized position has a" angular velocity in-plane of one cycle per orbital revolution, pitch libration about this equilibrium position will result.
For this reason a study of the pitch motion best characterizes the damping and perturbing effects of the damper
The magnetic field for the satellite depicted in Fig. 17 which is assumed to move in a magnetically polar circular orbit, is give" by H = Ho(cos e,, -2 sin eGr) (B. 1)
The angle between the local vertical and the magnetic field vector is given by 
